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A BSTRAC T 


A self-contained guidance and control system for a hypothetical, 
unmanned one-ycarmiiSion m apace i» presented. System operation 
Is based on the'-iso of altitude measurements to define the in-plane 
orbit parameters and preselected star occultation lime measurements 
to define the orhit plane orientation parameters. Overall.system op¬ 
eration is presented and system errors are evaluated, using an IBM 
7090 computer program. 

A detailed description of each of the subsystems is given and the 
reliability of these systems is predicted for the one-year mission, 
using component failure rate data. From this study, it.is shown that 
the.system could be Instrumented using ».talc-of-the'-art nSroware. .. 
preliminary missions analysis indlcnh ■„ that the system would have 
considerable utility in itianie-d satellite missions renaming exit from 
orbit and rendezvous with earth-based target points. 
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SYMBOLS 

• Peak power transmitted, watt* 

« Peak power received, watt* 

• Radius of eartli, meter* 

• Altitude of satelUta, naut ml 

• Duration (width) of transmitted pulse, *ec 

• Pulse repetition frequency,'pp» 


d * Duty cycle, ratio 

NF (or F n ) • Noise fi|ure 


Go • Antenna gain over Isotropic, db 

B • Receiver bandwidth, cp* 

\ « Wave length, cm 

* • Propagation and degradation lossea, db 

— • Slgnal-td-noisc ratio 


T • Time constant, seconds 

« • Angle of Incidence (from vertical), degree 

g • Radar cross section, per unit area 

A e • Effective area, meter* 






SUMMAKY 


The findings of this final Engineering Report may be summarized 
within tne framework of three major areas of preliminary system 
Qt-sign, which have been analyzed as follows: 


Feasibility 

A self-contained guidance and control system (of the type considered 
in this report is feasible using hardware which is well within the state 
of the art of present hardware design. In considering the various sub¬ 
systems which make up the guidance and control system, only a few of 
the componenis can presently be purchased as ”on-the-shelf' items. 
Howeier, it is apparent that equipment which cannot be purchased readily 
does not represent design problems requiring major advances in the 
present art of equipment design. The computer, for example (though 
nonexistent.•. is a dematne of a cuucntly available computer and has 
already been partially ilesigned. 


Performance 

System accuracy, based largely on an IBM 7080 program, has been 
estimated. The mathematical model for this program has assumed a 
spherical nonrota‘ing earth and a fixed error due to the fact that the 
occulting surface (earth plus the atmosphere) is not circular. In addi¬ 
tion, this fixed error has ignored statistical fluctuations in the atmos¬ 
phere at the time of measurement of occultatlon. This fixed error is 
believed to be a reasonable value however, and it is not felt that the 
overall system error would change appreciably by a more sophisticated 
approach to this problem. 


eems reasonable to conclude that the overall sys- 
yield future predicted position accuracies of one nau- 
it.il elements ale averaged over several orbit passes. 

> orbit, due to earth model uncertainties, are not 
mate of system accuracy. 


The overall system reliability has been found to be so low that a 
one-year mission (of the type considered throughout this report) is 
impractical. The pimcipa'l problem arises from the fact that the atti¬ 
tude control system must be on continuously during an unmanned mis¬ 
sion, hence, the attitude sensors and the thrust nozzles which torque 
the vehicle are continuously in operation. From the failure rate data 
that has been made available, these devices simply will not operate fo.- 
one year in the system design considered here. Redundancy has been 
explored or.y briefly for two basic reasons: 
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HI. RECOMMENDED SYSTEM 


The recommended guidance and control system is based on the 
concept of uslng a combination of radial distance measurements*and, 
preselected star occultation times to define the elements ofthe orbit. 
These data are measured aboard the vehicle so that the system is- 
completely self contained. The usual problems of a ground-based 
guidance concept are thus completely eliminated and it should be pos¬ 

sible to reduce the.costs and location problems of a ground-based 
tracking system. Some tracking from the earth will be required early 
in the period immediately following launch, but once in the final orbit 
no tracking is required by the airborne system for guidance and control 
purposes. 

A. SELF-CONTAINED GUIDANCE AND CONTROL 

In terms of hardware, the self-contained guidance and control sys¬ 
tem consists of the following: 

1. Sensors 


a. Pulse radar altimeter 

A pulse radar altimeter, for measuring the distance from the 
satellite to the surface of the earth. The radar is programmed to 
operate only over sea level water surfaces. 

b. Tracking telescopes 

A system of five tracking telescopes which provide a yaw error 
orientation signal and the times of occultation of certain preselected 


c. IR system 

An IR (infrared) syst« 


rate detectors which tracks the 
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2.. Support Instrumentation 

The support instrumentation, includes a general purpose digital 
computer, a basic electrical power system, an accurate time reference 
and programmer and servo systems associated.with the propulsion 
system and star trackers. 


B. SYSTEM OPERATION 

The star tracking system.is aligned prior to launch so that the 
preselected celestial references will lay approximately within the 
field of view ofthe tracking telescopes at the termination of the boost 
period. The payload is nearly in a horizontal position relative to the 
earth at boost termination, Also, the guidance system accuracies are 
not expected to be so large thatthe-traeking telescopes will not be able 
to acquire the preselected stars. The attitude reference system in the 
boost vehicle can be used as a source of information to update the 
tracking telescope platform, and if necessary, a search mode can be 
built into the tracking telescopes for initial acquisition of the preselect¬ 
ed stars. Since the basic electrical power comes from a silicon solar 
cell system, the launch is timed so that the vehicle is in sunlight at 
the termination of upper stage boost. 

1. Upper Stage Guidance Termination 

Just prior to separation from the boost vehicle, the power system, 
the computer, the 1R system and attitude control system in the payload 
vehicle are turned on (with attitude correction signals being generated 
but not used until separation occurs). At the same time, protective 
coverings over the IR system, the radar altimeter antenna, the star 
tracking system and the solar cell area of the power system are cast 
off. A timing signal In the boost vehicle then generates a "time-to-go" 
signal which is used in the payload vehicle to fire the main engine 
(which will place the vehicle in the parking orbit). Separation of the 
boost and payload vehicles is executed and the attitude control system 
error signals, which have not been used to this point in time, 
now begin to operate the thrust nozzles. This action will prevent loss 
of orientation which might occur as a result of the separation process. 
The IR system is fixed in the vehicle, as is the radar antenna, so that 
the pitch and roll error signals now command the attitude (pitch and 
roll) control system to erect the vehicle to the local vertical. The yaw 
error signals from the star trackers are used to maintain the boost 
guidance azimuth direction so that the vehicle arrives at apogee of the 
transfer ellipse with the vehicle erected to the local vertical (the pitch 
and roll axes are perpendicular to the local vertical) as defined by the 
IR system. The azimuthal direction of the vehicle at apogee is deter¬ 
mined by the boost vehicle guidance and should coincide with the 
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orbit correction. If the series of measurements, computations and 
corrections require a longer Interval of time (than is available from 
■the, programmed turn-on of the radar), then the program for turning 
on the radar is over ridden to the next nearest point ln time. The, 
sequence of recording, computation and correcting is repeatedwhen 
the radar is again turned oh. 

4. Orbit Computation 

The computation of the elements of the orbit is based on the use of 
a combination of radar altitude and star occultatlon time data. The 
planar elements <i.e.» the semimajor axis, the eccentricity and the 
time of perigee passage) are to be determined from.radar data and 
time. The out-of-plane elements (i.e., the inclination, the longitude 
of the ascending node and the argument of perigee) are to be deter¬ 
mined from the star occultatlon time recordings. 

Computation of the in-plane parameters is considered first. 
Previous work (EK 11439-3) completed under this contract has con¬ 
sidered the problem of obtaining a least squares orbit from an excess 
of radar altitude--time data (which applies here). If the eccentricity 
of 'he orbit is small (e 4 l), the radius time relation can be written. 

r»a(l *e 2 ) [l+e (cos M 4 e (cos 2M -1) 

+ e 2 ‘ g (cos 3M - cos M> 

(l 

+ e 3 * j (cos 4M - cos 2M)} ] ** 


M- Ip 3 ' 2 (' * «p) 


In order to expand Eq (1) in a Taylor’s series, several partial deriva¬ 
tives are required. 


-£• -^<1 - e 2 ) [l - 2^1 {sin M + 2e sin 2M 

♦ j e 2 <3 sin 3M - sin M)j J (2) 
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It it expected that the computation time tov the least squares esti¬ 
mates of the "ln-plane" orbit parameters wauld take only a few minutes. 
Stored values of the desired orbit elements w'utd be used In the compu¬ 
tations outlined above. 

The orbital plane orientation elements <t.e.,-th* Inclination, the 
argument of perigee and the longitude of the ascending node) are cal¬ 
culated from noting the time at which certain preselected stars are 
occulted by the earth and surrounding atmosphere. The upper limit 
of the occulting surface Is known* to an accuracy of approximately 
1 mi, so that the occulting surface tabes the form of a cylinder with 
known radius for all practical purposes. 

The time of occultatlon Is defined to be that time when light from 
the star being tracked is refracted by a predetermined small amount. 

At the time of occultatlon the vehicle Is simultaneously located on the 
occulting surface In a trajectory defined by the relation 

-- »q-e a ) 

r i + e cci 1 

r ■ radial distance of the satellite from the center of the earth 
a • semimajor axis of the orbit 
e » eccentricity of the crbtt 

b • angular distance of the vehicle from the line of apsides. 

It has been shown* that at the time of occultatlon the following 
equation holds: 


• (WADD Technical Report 61-78 December, 1960) 
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1 « • COS* J k [cos* (ft + u) cos* (Ojj - 0) 

r k 

+ sin* (0 + u> cos* 1 sin* (<» k • 0)] 

* sin* « k sin* 1 sin* (0 + «) 

+ [a cos* cos 1 cos (9 * a) sin (6 + <■»)] X 
cos <« k * 0) sin <« k - H) 

+ [ 2 cos 4 k sin ( k sin 1 cos (6 + u)] * 
sin (!>■* w) cos (a k - 0) 

+ 2 cos j k sin i k cos 1 sin 1 sin* (0 + u) sin (o k - 0) 


r . 

r k 1 + e cos b 

s « semi major axis of the orbit, known from the radar 
measurements 

e ■ orbit eccentricity, known from the rodar measurements 
r • radius of the occulting surface (known) 

. . declination of the occulted star, known from computer 

* storage 

a « right ascension of occulted star, known from computer 

* storage 

0 ■ true anomaly, known from rsdar data processing 


n 


the inclination, argument of perigee and longitude of 
the ascending node, respectively. These are the un¬ 
known quantities. 
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It la evident that a measurement of the time of egress and the 
time of Ingress of a single star, plus a measurement of either the 
time of Ingress or time of egress of our additional star, will supply 
three equations In the required three unknowns (provided the orbit Is 
noncirciilar). The measurement of the time of Ingress and time of 
egress of three different stars would of course supply six equations 
which could be used to determine the orbital elements. 

5. Manuevera 'or Orbit Correction 

The orbital correction system employs a set of six rocket motors 
fixed to the satellite structure In such a manner that two motors are 
aligned along each of the body axes (one forward and one aft). The 
alignment of the thrust vector for the various maneuvers Is accomp¬ 
lished by vectortally adding three components (monitored by an Inte¬ 
grating accelerometer on each axis) which are known with respect to 
a local vertical coordinate system. 

This type of system has several advantages over one In which the 
vehicle remains stationary while the engines are glmbaled or one in 
which the vehicle attitude Is changed to position the thrust of a single 
motor. Most of these advantages arise from the fact that this approach 
requires no complex mechanical arrangements, does not produce large 
disturbing moments during thrust periods, and is capable of reversing 
the direction of any thrust component In a simple manner In the shortest 
time possible. These advantages make the system Ideally suited for 
this mission as defined In the previous discussions. 

a. Orbital corrections 

Two means of making orbital corrections have been investigated. 
These are: 


(1) Independent adjustment of each orbital element. 

(2) Linear differential corrections. 

.'he first of these schemes has been devised for the general case 

of orbital corrections In which the corrections are relatively large and 

the orbit of arbitrary nature (arbitrary in the sense that the elements 

can be varied from one problem to another). This routine has also 
been successfully employed for the small correction; however, there 
are more simple routines which can be utilised under these conditions. 
A sequencing routine has also been devised to minimize the amount of 
energy required if more than one adjustment Is required. This tech¬ 
nique for corrections will be Investigated further for the range of 
orbital altitudes tnvloved in the study, and numerteals results showing 
the effects of finite burning time will be generated. 
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b 31 "y (b 12 + b 13 ) * 4b 21 
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position coordinates relative to a rotating reference 
system In a circular orbit which Is regressing at a 
constant rate about the equator (ft) (x normal to or¬ 
bital plane; z along the radius; y along the velocity 
vector) 

the rotational rate of the coordinate system about 


Ihe earth » 



R the radius relative to the cent 

desired circular orbit (ft) 


'(rad/sec) 

































Illustrated 
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n. Antenna bcamwidth 

The requirement to obtain a narrow bcamwidth now becomea a 
prime consideration in the design of this radar altimeter. Two methods 
whereby a narrow bcamwidth may be obtained are; (1) using a large 
antenna and low frequency (X bend) and (2) using a small antenna and 
high frequency (K a band). For satellite applications. It is necessary 

to keep the antenna a reasonable size because it will be carried within 
the satellite during launch. The antennu sizes investigated were 30 to 
60 in. in diameter. From the resulting benmwidths shown in Fig. IV-3 
it can be seen that the K^-frequency band gives the smallest beamwidths. 

By referring to Fig. IV-2, it can be determined that the maximum permis¬ 
sible beam is 0.54*. Also, Fig. IV-3 shows that in order to obtain a 
bcamwidth of 0.54* or less, one must operate at K band with an antenna 

a 

diameter of at least 43 in. 

b. Antenna gain 

Simultaneously with the investigation of antenna beamwidths, antenna 
gain wus calculated for X, K y and band frequencies (Fig. IV-4). An 

examination of Fig. IV-4 will reveal that band gives at least 6 db-gain 
over K (J band and 11 db over X band. This can be stated on a power 
basis with K j( band requiring 1/4 the power of K y and 1/126 the power 
of X band. 

Considering the fact tliat a 0.54* bcamwidth is required to meet the 
0.1-mi accuracy requirements and to maintain a reasonable antenna 
size, the K a bund is selected as the operating frequency for the radar 

altimeter. The antenna diameter is 48 in. to obtain the maximum guin 
(50.3 db) for a reasonable size antenna. The r< sultnnt bcamwidth is 
0.5* and the earth's curvature error is within the pulse width. 

c. The bund environment performance 

A detailed study was made to determine the environmental effects 
(such as weather, atmosphere and target characteristics) upon the 
propagation characteristics at K # band. A survey of available literature 

in this field was conducted with the result that several recent findings 
have made the use of K # band very attractive. Reference 1 contains un 

article on atmospheric absorption along with a summary and bibli¬ 
ography of the major effort conducted in this area to 1961. Figure IV-5 
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This expression has been developed for an antenna beam that is fixed 
relative to the target (i.e., seerchllghting), an U the cane of the radar 
altimeter. 

Since the orbiting altitude of the radar altimeter will be at least 




G 0 * 50..i db * 1.07 x 10 5 

1 * 0.86 cm * 8.6 x 10 meters 

r • I x ID' 6 sec 


PRF • 15 pulses/sec 
NF - 10.5 



Rearranging the range equation to solve for P T ; 
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Tg * time constant of the shunt-diode. 

Rg * resistance of shunt-diode circuit. 

* capacitance of pulse-forming network. 



This protective circuit would consist of the shunt resistor with a 
stack of diode rectifiers. The maximum rating in the diode rectifiers 
would not be exceeded because, for a peak Inverse voltage of 6.2 kv, 
the peak current after a complete short circuit is 6200/1300 • 4.8 
amps. The full current will persist for several psec and then quickly 
be reduced. For longer short-circuit current periods, the protective 
relay circuit will be energized and will remove the excess dissipation. 

e. Power supply 

The power supply is designed as a standard full-wave rectifier with 
a choke input filter to minimize the effect of the input voltage wave¬ 
form on the pulser output. The d-c voltage required for normal operation 
can be arrived at by the use of an estimated charging ratio of 1.0 for 
resistance charging. 



E bb ’ hl * h vol,a K e suPPly 

• voltage on pulse-forming network 
R ch » charging ratio 

The average current from the power supply is approximately 
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Recent developments in modulator techniques have resulted in 
,d-etate modulators which operate without thyratron switching and 
reported in Ref. 5. The thyratron is replaced by a combination of 
introlled rectifier and transformers. 

A basic nulse-modulator circuit is shown in Fie. IV-8. This modulator 
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design gain of 50,3 db. The factors affecting gain will be given primary 
consideration in the design of the antenna. These factors are: 

(1) Dependence of the optimum angular aperture on the feed 
pattern. 

(2) Backlobe interference effect. 

(3) Phase-error considerations. 

The beamwidth and sidc-lolie characteristics as well as the gain are 
rrln*~t fieM .iit.ir I buttons. The antenna will be deslgued 

to maintain low side-lobe levels, with care given to the field distribution 
in regsrd to the discontinuity at the edge of the aperture. The antenna 
will have vertical polarization. 

9. Radome 


Radomes are usually installed far aerodynamic streamlining and 
protection from weather. These two factors do not exist for the radar 
altimeter when operated in space vehicles. The operation of a radar is 
considerably improved whenever it is not required to transmit through 
a radome. A radome adversely affects radar operation by absorbing 
some of the transmitted r-f energy incident upon it. Reduction in 
range results from attenuation of the transmitted and received signals. 

In extreme cases (if sufficient reflected energy finds its way back to 
the tr a remitter), total blanking of the receiver or severe range reduction 
can result. In addition, changes in the transmitted frequency due to 
pulling must be followed by the automatic frequency control (AFC) in 
such a way a.' to maintain a constant difference between them (the IF 
frequency). 

Normally, the AFC is strong enough in the case of a relatively stable 
magnetron to follow larger frequency changes than those ordinarily pro¬ 
duced by radomes. However, the AFC circuit involves a time constant 
that may be considerably longer than the interval required for the change 
caused by the radome reflection. Therefore, elimination of the satellite 
radome will p* mit full utilization of the radar range by elimination of 
radome attenuation losses (0.5 to 0,7 db). Also, elimination of radome 
reflections will contribute to more stable AFC and magnetron operation. 
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only 1 x Kf 7 time's this, or'1.45 x 10* 9 watts/stcradian/cm . Thus 
tlier- is an enormous difference in radiation received as the eai th's 
horizon is scanned. Tills enables the earth-space discontinuity to be 
located fairly accurately, so that.th- local vertical can be determined 
to an accuracy of about tO.l degree. 

An IH.horizon scanner operating in t(ie-vehicle considered here, will 
be. required to operate over a considerable range of environmental 
conditions. The unit must be flexible in its look angle capabilities since 
it is r>-.nilred-to.operate at altitudes of 300 to 6000 naut mi. The power 
requirements and reliability must be compatible with the one year oper¬ 
ating life requirement. These requirements place somewhat contra¬ 
dictory demands upon the unit in that the variable altitude requirement 
indicates a need-for a .variable look angle or scanning detection system, 
while the-operational life, of one year in a space environment indicates 
that a system with a fixed field of view and no moving parts is desirable. 
The latter type of system,.having no moving parts, might be expected 
to nave botii reduced power requirements and increased reliability as 
compared with scanning systems. 

An III horizon scanner observing the earth from a position outside 
the atmosphere is required to detect the earth as it appears against 
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lrradiance 

(f/cm 2 ) Temperature 
Celcatlal Body 3 to 13.5 u (♦ K) 

Sun 9.3 x 10* 2 5,300 

Moon (full). 1.6 xlO" 8 5,300 

Saturn 5 x 10* 12 5,800 





















an Infrared telescope, will be hot sources and adjacent extended areas 

(which are either at different temperatures or which have a different 

emissivity at the spectral wave lengths received by the observing equip¬ 
ment). Examples of hot sources are forest fires, steel furnaces, mis¬ 
sile launches and,to a lesser degree,extended structures heated either 
internally or externally to a temperature above the background. In the 
case of forest flros.the sources will he extended,and in the case of the 
lower orbit,this could fill the field of view. Such a source would'.iiave 
a characteristic temperature of 1000* F black body and could exceed the 
threshold level of the equipment by as much as three orders of magni¬ 
tude. Steel furnaces and missile launches, although more intense (2000* 
to 5000* K),.arc physically much smaller and will not fill the field of 
view, In the case of a missile launch, the duration is short and any 
effect would be transient in nature; In either of the latter cases the 
change in energy would not be sufficient to be detected by the equipment, 
particularly if a filter having a short wave length cutoff (3 n) Is used. 

Kepresentative of the adjacent areas which are at different tempera¬ 
tures and/or which have different emiasivlties, are the water-land inter¬ 
faces. Here.both can l>e extended sources and fill the field of view of the 
equipment. Under these conditions the minimum discontinuity which can 
be detected, the noise equivalent temperature (NET) of the system, is 
expressed 

1.11 T 2 T. 

NET* --i- 

« T o n* n 2 



T » Temperature of the source 
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T a * Average atmospheric transmission 
A q • Detector area, in cm 2 
• • EmUalvity of the source 

T * Average optical ayatem tranamlaaion 
D* • Specific detectivity of the detector, in em(cpa) 1 ^ 2 /watt 
D • Collector diameter, in cm 
p « Angular reaolution, in radlana 
t d • Dwell time of the detector on one reaolution element 
» Spectral radiance of the aource, in watte/cm*/cm 
X « Wave length variable. 

The actual NET of a particular ayatem will not be computed until later 
when the ayatem parameters have been determined. However, it can 
be aeen from the equation that obeerved temperature diacontinuity can 
be an actual temperature difference, a difference in emleaivlty, or a 
combination of both. Furthermore, the actual value of temperature 
difference, on the ground which would be obeerved, will vary with 
atmoapheric tranamiaaion and the relative contribution of earth radia¬ 
tion and atmoapheric radiation (aa modified by the aelective abaorption 
of the atmoapherc). It ia evident that discontinuities, of aufficlent mag¬ 
nitude to be detected, can exist at earth-water interfacea and can pro¬ 
vide obaervable aignal fluctuationa. Therefore, it ia neceaaary to make 
the ayatem sufficiently insensitive ao aa not to detect these discontinui¬ 
ties. 

The black body radiation from the earth will be modified by the atmos¬ 
phere through which this radiation passes. The atmospheric abaorption 
bands arc dependent upon the constituents of the atmosphere. At the 
lower altitudes these include: Nj, Oj, COj, Ne, He, Hj, Xe, Ra, CH^, 

N 2 0, Oj, S0 2 , CH 2 b, I 2 . KH 4 ; CO. HDO, H-A NO, OH and NHj. Of 
these, COj, HjO, NjO and Oj are of major importance in the absorp¬ 
tion and reradiation of Infrared'energy at wave lengths to 20 p. 

The black body IK energy radiated from,the earth is absorbed at 
selected wave lengths by these constituents of the atmosphere and re- 
radiated at wave lengths and Intensities representative of the tempera¬ 
ture and pressure of the absorbing gas. This results in some spectral 
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bind* of energy (radiated by the earth) being pasted with minimum, 
attenuation (so-called atmospheric "windows") while other, bands of 
energy are totally absorbed. In the latter spectral bands, the energy 
received by the equipment outside of the atmosphere will have the form 
of black body radiation of the altitude temperature where the atmosphere 
is viewed as opaque. For the principal water absorption bands, this 
will be at an altitude near the tropopausc (for a standard atmospnere 
this corresponds to an altitude of approximately 36,000 ft, with an ap¬ 
parent temperature of 215* K). For other absorption bands this apparent 
temperature will vary depending on the viewing angle, which determines 
the apparent attitude at-which the atmosphere becomes opaque. If the 
altitude is 36,000 to 82,000 ft, the temperature will.be near 215* K. For 
lower level clouds, the radiation from the earth will tie absorbed or 
reflected and the radiation observed from above will have the.character- 
istic of the clouds temi>e'ralure (which may be" assumed to be that of the 
adjacent air). Thus the thermal radiation observed from above will 
have an apparent temperature which can be expected to vary from ground 
temperature to 215* K. 

At the shorter wave lengths, reflected sunlight is a most important 
source of observed energy. This energy may be reflected from the 
surface of the earth or from clouds and |iarticles in the atmosphere, 
in all cases it will have the radiation characteristics of a 6000* K black 
body, as modified by the intervening atmosphere. At wave lengths 
longer than 3g. the sunlight reflected from clouds will be reduced by 
an order of magnitude from the peak value. 

Thus, in summary, an IK attitude control unit must detect and locate 
accurately the discontinuity between a 4* K background and a 215* to 
300* K black boil) at three or more points about tile periphery of the 
body. The precise position of the discontinuity detected can lie at the 
edge of the earth or in the atmosphere, depending on the weather and 
threshold sensitivity and spectral band of the equipment. The maximum 
altitude of the observed discontinuity for the s|>ectral band of interest 
will be near the tropopausc, except for high altitude clouds. In the 

standard atmosphere the tropopause is at 36,089 ft, but in extreme con¬ 
ditions the actual altitude can be as'hlgh es 10 ml (comparable in height 
witli the maximum altitude of cumulus clouds). Thus the maximum error 
in the local vertical, resulting from the uncertainty as to the location 
of the discontinuity, is less than 0.2 deg for the 300-mi orbit and approxi¬ 
mately 0.05 deg for the 6000-m'i orbit. 

1. Current Systems . 

The III horizon sensors currently developed are as follows: 

(1) Scanners which sweep a 360 deg path and determine the posi¬ 
tion of the center of the.pulse, resulting from scanning the 
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earth. By using two such scanners (sweeping the earth in 
perpendicular directions) the local.vertical can be estab¬ 
lished. An.example of this type of scanner is the Barnes 
Model 13-200, which was used on the Tiros satellite. Some¬ 
what the same general principles are used in the Barnes 
Models 13-100, 13-132 and 13-142 horlxon sensors, and the 
ITT scanner.* 1 * * 2 * 

(2) Scanners which sweep a cons, the instantaneous field of view 
being displaced from the vertical by an angle corresponding 
to the angle subtended by the radius of the, earth for the alti¬ 
tude of operation. The vertical is determined when the sweep 
is tangential to the earth and does not cut across the horizon 
discontinuity (i.e., the Advanced Technology Labs scanner 
for the Discoverer satellite),* 3 * 

(3) Horizon sensors which scan a limited sector about the horizon, 
detect the discontinuity, and then center the scan so the line 

of sight is directed to a point on the horizon. When the in¬ 
formation from a minimum of three such units is processed, 
the local vertical can be determined (i.e., the Barnes Model 
13-180 sensor).*** 

(4) Fixed optical systems which use multiple detectors to center 
the position of the earth. 

The advantage of class-1 systems above is that the initial relative 
position of the earth need not be accurately known. In one axis, the 
earth can have any relative position, while in the other two axes, it is 
only necessary that the earth be viewed sometime during the sweep. 
Errors or variation in altitude change only the pulae length of the signal 
to be processed, with no mechanical repositioning of the optics required. 
The disadvantages of such a system include: (1) the necessity of using 
two such equipment and (2) the Inclusion of any necessary sun protec¬ 
tion should a detector be used which would be damaged by viewing the 
sun, or which has a long recovery time and which requires a large field 
of view and/or very broad spectral coverage to provide necessary 

** * Horizon Sensors for Vertical Stabilization of Satellites and Space 
Vehicles, M. H..‘Arc and M. M. Mvrlen.Proc Nat Specialists Mtg on 
Guidance of Aerospace Vehicles, 25 to 27 May 1980. 

* 2 * Attitude Reference Devices for Space Vehicles, I*. E. Kendall and 
R. E. Stalcup, Proc IRE 48 (4) 765. 

* 3 *,Horlzon Scanner for Discoverer, M. D. Ewy, Proc IRIS 5 (1) 233. 

*** All Altitude Horizon Sensor System, Barnes Engineering Company 
Report BEC-4241-SK1, 2 September 1960. 
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sensitivity. Since calculations show that a narrow spectral band is 
inadequate, the equipment will accept wave lengths which could be 
generated by earth discontinuities, and data processing must be such 
aa to minimize the resulting errors. Such equipment has been built 
and flown. 

Of extreme importance in equipment of this design is the require¬ 
ment that a spinning motion be maintained for the period of operation. 

Not only does this require continuous input power but the mechanical 
problems of providing seals and lubrication in a apace environment 
indicate questionable reliability in a satellite with a one year operational 
life. Moreover, some of the advantages of this type of system la lost 
by vehicle restrictions with regard to the directions in which the tensors 
can look. 

The class II systems require either high accuracy in initial posi¬ 
tioning of the satellite or a variable look angle. One such scan technique 
is to increase the look angle from a fixed angle until a signal is obtained 
or a maximum angle is reached. If no signal is received then the angle 
is decreased until a signal is received from sweeping across the edge 
of the earth. The local vertical is then determined by orienting the 
axis of scan and the offset angle so the sweep Is tangential to the earth. 

If the orbit is elliptical this variation in scan angle muat be continued 
or the errors will increase. For the low altitude orbit a change in 
altitude of 40 mi would reduce the obtainable accuracy by approximately 
0.50 deg unless the scan angle is adjusted. For a perfect circular orbit 
this would be unimportant but the mechanical problems of continuous 
operation discussed above are applicable. 

The class III systems have the advantage of combining a reasonable 
search capability, permitting error in initial positioning of the vehicle, 
with high accuracy of vertical determination U0.1 deg) while maintaining 
a minimum limitation on the variation in usable altitude. After acquisi¬ 
tion, thermal discontinuities across the earth will be outside the field 
of view and will not introduce inaccuracies. Since a small angle oscil¬ 
lating scan can be mechanized using a tuning fork vibrator technique 
the difficulty of continuously spinning a mirror is eliminated. The 
major disadvantage of this type system is the requirement for at least 
three sensor heads and the necessity of providing appropriate mounting 
and field of view for each. 

The class IV systems use a fixed urray to maintain the Image of the 
earth centered and thereby provide a reference for the local vertical. 
These systems are limited as to flexibility in altitude and accuracy. 
Unless sophisticated optical techniques are utilized, considerable 
"blurring" of the edge of the image can occur. One approach to over¬ 
come this sot rce of error has been the use of a reflecting cone optical 
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system, the to-called "lnalde ntt ecanner" which lncreasea the 
usable look angle of the equipment. Since no mechanical scanning Is 
used some provision such as electronic switching must be used to pro¬ 
vide an easily amplified signal thus maintaining the most Important 
advantage o» such a system, its lack of moving mechanical parts. 

In summary, a scanning system, class I, would be adequate fur a 
short life satellite w^ere Initial positioning accuracy is not possible. 

As the operational life requirement is extended the question of power 
and reliability becomes increasingly doubtful. For a long life fixed 
altitude orbit a fixed array or multiple fixed field-of-view sensors 
appear more desirable. If high accuracy and a variable altitude orbit 
are Involved a system of sensors capable of being continuously pointed 
at the horizon and capable of tracking the horizon is required. For 
the trajectory of interest it apipears that a horizon scanner of multiple 
sensors similar to those discussed under class III above would uffer the 
most promise. 

2. Recommen de d Detector 

The type of detector to be used in an IR sensor depends to a large 
extent upon the magnitude and spectral distribution of target and back¬ 
ground radiation. Radiation from the earth, assumed to be at a temper¬ 
ature of about 300* K, peaks at a wave length of about lOji. with 1/4 
of the energy at shorter wave lengths. For high altitude clouds, assumed 
to be at a temperature of 220* K, the radiation peaks at about 13 m . 

Less than 0.01% of the radiation from a 300* K body and less than 
0.0001% of the radiation from a 220* K body occurs at wave lengths 
below 3 p. It therefore seems desirable to use long wave length detec¬ 
tors even though they may be several orders of magnitude less sen¬ 
sitive than shorter wave length detectors. 

The detectors to be used for this application must be operated un¬ 
cooled because of space, weight, power and reliability requirements. 
Uncooled detectors which could conceivably be used include lead sulfide, 
PEM indium antimonide and thermistors. Lead sulfide cuts off at about 
3p but has the highest detectivity of any 1H detector; PEM indium anti¬ 
monide cuts off at about 6 m but has a far lower detectivity; and thermis¬ 
tors are generally made to be sensitive to about 15 m but have a still 
lower detectivity. In weather when the ground can be seen or in over¬ 
cast weather in daytime, both lead sulfide detectors and thermistors 
should be suitable. Because of their long wsve length capability, how¬ 
ever, thermistors should be suitable under some weather conditions 
when lead sulfide is not, and therefore only thermistor detectors have 
been considered in the calculations below. No attempt has been made 
to optimize the spectral band used. Preliminary calculations show, 

^ Inside-Out Horizon Scanner, J. Kilpatrick, Proc IRIS 0 (1), 195. 
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Assume a type c scanner having a mirror that oscillates through 
■t a deg at a rate of N cps, so that the line of sight moves ±2o> deg or 
8oN deg/sec. If the field of view is p radians, the average dwell time 
of the detector on each resolution element is 


*d " 8 o N x 0.0174$ sec * 

If the frequency bandwidth is made the reciprocal of this we get 

Si 

„2 i 


Sn- 


I)‘ !)*• D 


5/2,. f 






r 

H. 


1 X 


o N x 0.01745 


1. 




o N 


The collector diameter I) is limited by the weight and space limitations 
of the system. A diameter of 3 in. or 7.02 cm, has been assumed. The 
resolution p should be as large as j>ossible in order to get as high a 
signal-to-noise ratio and as long a dwell time as possible. A large p 
means that the ratio of deter tor size to focal length must be large, 
and for a detector of reasonable size and a fixed rolleetor size, the 
value of p is limited by the minimum f/number that can be used. For 
this application, a detector size of 0.2 x 0.2 cm and a resolution of 
_2 

1 x 10 radian is considered. 'Pus gives an f/number of 2.62, which 
is reasonable, a focal length of 20 cm, and for an N of 30 rps, a dwell 
time of about 2.4 ms which is about equal to the average thermistor 
time constant. 

For simplicity, the sky and ground radiation has been divided into 
four spectral bands, the 3- to 5.5- and the 7.5- to 13-p bands in which 
the radiation is assumed to originate at the ground or lower atmosphere 
and is approximated by a 280* K black body; and the 5.5- to 7.5-p and 
13- to 15-jt bands in which atmospheric absorption and emission are 
high and therefore the radiation is assumed to come from the high alti¬ 
tude atmosphere, approximated by a 220* K black body. 


f 5 " X • 1.40 « I#* 4 !, 

C 1 ’* 

\ 4> • 1.01 » !• * 

1.1 

J ll , 

• 116.0 ■ 1#~* 
7.1 

r »>• 


» 11.11 w 10 ** 

• 117.IS l 10* 4 • l.M » 10‘ 2 
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Using these values, D** of 10 7 and T Q of 0.6, we get 
Sj, ■ 29.2 

This is sufficiently high to show that the system considered, though not 
optimized, would give very good results as far as signal energy is con¬ 
cerned. 

The NET of the system considered, using the formula previously 
given and the system parameters above, is 0.332° K. This is far less 
than the mean ground temperature fluctuation of about 1.5° K, indicating 
that temperature variations on the earth itself could be seen. The sys¬ 
tem must be made less sensitive in order that only the earth-space 
interface will be seen. This can be done most easily by decreasing the 
collector diameter or narrowing the spectral bandwidth. 

There is available at the present time an infrared horizon sensor of 
the type required for this application. It is the Barnes Engineering 
Company Model 13-160 Horizon Sensor. The sensor head consists 
essentially of a germanium-immersed thermistor detector having a 
field of view of 0.50 x 3 deg; an oscillating mirror which moves the 
instantaneous field of view back and forth through ±2 deg at a nominal 
rate of 30 cps; and a tracking mirror which moves through 70 deg at a 
rate of 12 deg/sec to locate the earth-space discontinuity. Three or 
four of these sensor heads are used with an electronics unit to form 
the complete attitude sensor. The tracking mirror of each head is driven 
by a motor so as to center the oscillating field of view at the earth- 
space discontinuity. A voltage is picked off a potentiometer driven with 
the tracking mirror, and for the three-sensor system the voltages from 
these three potentiometers are combined to give two error signals from 
which pitch and roll errors can be derived. If four sensor heads are 
used they can be connected m such a way as to give a three-sensor sys¬ 
tem with a redundant head for improved reliability or as a four-sensor 
system which gives roll and pitch errors directly. 

This unit has not yet been flown or thoroughly tested. However, one 
unit has been bench tested continuously for more than six months to 
date without failure. The company has built hundreds of IR horizon 
sensors of other types, some of which have flown in satellites, so they 
are well aware of many of the problems to be encountered. Nevertheless, 
reliability estimates based on parts lists and known component failure 
rates Indicate for the three-head device a failure rate in excess of three 
per year. The four-head device without redundancy would be even less 
reliable, so that a four-head unit used as a three-sensor unit with re¬ 
dundancy is suggested at this time as the type of attitude control system 
to be used. The four sensor heads of the Barnes unit weigh four lb 
each and the electronics package 7 lb. Assuming a modified electronics 
package to take care of the redundant sensor would weigh an additional 
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Best Available Copy 


Fig. IV-11. System Functional Bloc< Diagram 
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C. OCCULTOSCOPE--STAR TRACKER 

An orbit program which is preset on the ground prior to launch in 
stored in the self-contained guidance system, Th«. storcu "ideal orbit 
pnttern is compared by on-board equipment to determine vehicle orienta¬ 
tion and, should corrective action be required, the thrust impulses are 
activated (see Fig. IV-17). 

Two major sensing instruments supply data for orbit computation. 

(1) The radar altimeter measures orbit-distance from earth and 
supplies the following computation data: 

e ■ eccentricity 
a » semimajor axis 
t p * time of perigee. 

(2) The star tracker provides: 

(a) Celestial orientation coordinates. 

(b) Occultation time data, which permits the computation of 

orbit orientation elements in inertial space: 

i * inclination of orbit 

w » angle in orbital plane between ascending node and 
perigee 

Q ■ angle in equatorial plane between reference direction 
and node. 

1. Initial Alignment 

While the vehicle is on the launching pad, the occultoscope-star tracker 
platform is aligned and locked on to a preselected reference star pattern 
U.e., the platform is caged in the orientation, which it will require during 
launch to lock on to the reference stars). 

During countdown the platform servos are "slaved" to the inertial 
platform in the booster stage and an opaque protective dome is closed 
over the occultoscope-star tracker platform. 

During the boost period, this platform remains aligned to the stars 
under the dome by receiving alignment signals from the inertial plat¬ 
form. 

After separation of the booster and leaving the earth's atmosphere, 
the dome opens and the platform begins to align itself by tracking the 
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preselected star pattern. Errors in alignment during launch will remain 
small enough to keep the telescopes within their acquisition angles. 

2, Equipment Description 


The occultoscope-star tracker c oi ar» a**j : i*v< s, 

each one locked on »o one particular star oh »hc celestial sphor*. 

This telescope platform is gimbalcu In the no.«*r of the ve.licit and 
aligns itself in inertial space (regardless of vehicle position and attitude) 
with three geared servo drives. 

(a) Orbit axial tracking 

Two of the telescopes are oriented toward stars in »he vicinity of 
the axis of the orbit, which will be called t!:c left axial and the right 
axial (or pivotal) telescopes. Each telescope tracks a given star to an 
accuracy of 10 seconds of arc in a field of view of two degrees. The 
photo detectors supply orthogonal error signals (left/right or yaw; clock¬ 
wise/counterclockwise or roll) to the platform servo, which in turn 
orients the platform for optimum alignment. This platform error sig¬ 
nal is the average of the two error signals from the two axial telescopes. 

b. Orbital plane tracking 

Three of the telescopes are locked on to stars approximately in the 
orbital plane and roughly 120 degrees apart in stellar space. Platform 
alignment in the pitch axis will be controlled by the average of the error 
signals from these telescopes. The averaged pitch error signal will 
command the pitch servo to realign the platform. 

c. Occultation time measurement 

This measurement is obtained by recording the instant at which a 
star dips into the horizon of the earth. This horizon includes the earth* s 
atmosphere, where the dip would be very gradual due to the diminishing 
air density in the upper atmosphere (see Pig. IV-18). Considerable refrac 
in the line of sight between the telescope and the reference star takes 
place during the tr nsition of the horizon. This will result in an "off 
center" signal from the occulted star, as compared to the undisturbed 
orientation of the two other telescopes. As the star dips into the at¬ 
mosphere, the apparent tracking error increases steadily. A preset 
angle limit (20 seconds of arc) will be chosen to obtain a sharply defined 
condition to trigger the occultation time recorder. This time is called 
the "ingress" of the vehicle entering the "shadow" of the star behind the 
earth. The "egress" of the vehicle from the shadow (or reappearance of 
the star on the telescope sensor) will supply another time mark, resulting 
in three ingress and three egress time signals (see Fig. IV-19). 
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TABLE IV-1 

Some Data of Typical Bright Stars 
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The roU-aihjr.mentbcaring is supported by a vertical shaft which can 
be servo rotated 145 degrees in a beaming mounted on'the vehicle frame 
to provide yaw axis.alignment,. An iden'ial servo drive.maintains orienta¬ 
tion, and.a synchro resolver supplies ytw-error signals to the attitude com? 

Pitch Koll Yaw 


Degrees rotation range 360 deg 

Electrical connections Slip rings 

Usable field of view 300 deg 

Plckoff angle Synchro 


*45 deg 145 deg 

l-'lex leads Flex leads 

90 di g 00 deg 

Synchro- Svnchro- 


Qceultation pickoff 
Sun-shutters 
Slits, scanning 


will contain the following com|M» 


Yes 

1, on axial 
scopes 


Components Wiy. 

Lenses, achromatic, radiation-resistant glass 5 

3-in. diameter, 8-in, focal length 

Vibrating slit assemblies with driving coils ■’> 

Photodetectors Phliro Type G. , ,U-40t 5 

Krsixtors, deposited film type 1/4 w 1% 10 

Capacitors, 0.01 mf/600 volt i craoife 10 


Photocells (cadmium sulfide) I1CA No, 7413 5 

Transistors, NPN silicon, medium |«iwe- 10 
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C omponents' Qty. 

‘Relays, miniature DPDT with vane attached 5 

Miniature servo motors, 24 r volt, 400 cycle, 2 phase 3 

Worm gear assemblies 3 

Synchro transmitter 1 

Synchro resolvers 2 

Slip-ring assembly (10 ring) 2-In. ID, 1.5-in. long 1 

Gimbal assembly, 3 gimbals 1 

Preamplifiers, .1 KPN transistors each 5 


8. Time Standard 


a. Precision quartz-crystal oscillator 

A self-contained precision time standard must be carried in the 
satellite to supply time signals for the: 

(1) Radar altitude echo-time clock. 

(2) Orbit programmer. 

(3) Digital computer clock pulses, 

(4) Radar altimeter sequence timer (to turn radar altimeter 
on only over water). 

Because of the requirement of self-contained operation, resetting of 
this timer (to correct for drifts) is not possible. This makes it necessary 
to include a time standard of the highest stability, and solid-state amp¬ 
lifiers only should be used. Precision crystal oscillators have been 
developed (for example, by Peter O, Sulzer of The National Bureau of 
Standards), and with the most advanced temperature controls were reported 
stable to 1 part in 10 9 (short term drift), and 1 part in 10* with aging. 

The James Knights Company, Sandwich, 111., manufactures a 1-mc (Model 
PS llOOT) frequency standard, transistorized, with drifts of less than 1 
part in 5.10* 10 per day. 
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b. Atomic clock 

For precision navigation satellites, still higher stability may be 
required, and the most stable self-contained time generators known 
today (atomic clocks) would have to be considered. Stability of 1 part 
in 4 x 10 11 has been obtained in laboratory atomic clocks, and an air¬ 
borne version of the "Atomichron" (National Radio Co., Malden, Maas.) 
yields an overall long term stability of 1 part in 10 9 within airborne 
environmental conditions. 
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quantity), the occultations consist of single pulses with precisely preset 
hour-long intervals containing the information between them. 

This storage system must also allow nondestructive readout for one 

12. Radar Altimeter Transmit Programmer 

This is a conventional timer, presetting intervals for a given g, ouud 
track, so that the radar transmits only over sea level water. 

The use of a ferrite core memory appears feasible, but a conven¬ 
tional synchronous motor, camshaft and precision switch combination 
is less complex and can be made very reliable with proper dealgn. 

Two 400-cpa synchronous timer motors with gear trains (with periods 
somewhat longer than the orbit period) are coupled to the camshaft 
through one-way clutches. Redundancy is achieved because, in case of 
one motor's failure, the remaining unit continues to rotate the shaft. 

The motors (A, W. Haydon Inc.) contain lightweight aluminum rotors 
with negligible moment of Inertia, Hermetically sealed precision 
switches (Haydon Switch, Inc,, Series <102 or similar) will operate re¬ 
liably for the low duty cycle of this application. Cams can be of the 
fixed-notch type to avoid possible loosening of adjustable parts. 

After completion of each orbit, the cam is advanced to the starting 
position. This action is required if orbits of other than full-hour periods 
are chosen. 

13, Electronic Scratch Pad 

The Radio Altimeter readings (six or more per orbit) and occultatlon 
times (three per orbit) must be stored in a memory until they are com¬ 
pared to the demands stored in the program unit. Again a miniature 
ferrite core matrix will be used, but in this case, the conventional (de¬ 
structive-readout) type can be applied in a "scratch pad write, read 
and erase mode. 

As an alternative, a rotating magnetic diac-tyo# memory might be 
considered. Laboratory for Electronics, Inc, (L,F,E.) manufactures 
Bernoulli Disc memories with storage capacities of 25,000 to 500,000 
bits per disc. The Type BD-40 was developed especially for space appli¬ 
cations and stores 40,000 bits in 40 tracks, with a resolution of 1024 
bits per track circumference. 
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D. THE COMPUTER 

Examination of the equations in Section ID has shown that the air* 
borne computer requirements will not be difficult to satisfy. Hie com¬ 
puter selected Is a small, lightweight, general purpose digital machine, 
This computer is designated the B-4 Guidance Computer, and la cur¬ 
rently being developed by the Llbrascope Division of General Precision, 
Inc. A detailed description of the computer (provided 1>y Llbrascope) 

Is given in Table IV-2 and the following portions of this section. 


TABLE IV-2 

B-4 Guidance Computer Characteristics 

Computer type: General purpose, high speed integrator (Slgmator), 
digital 

Precision: One part in 2^ 

Number base: Binary 

Mode of memory operation: Word parallel, random access 
Number of different operations: 40 

Memory type: Random access, nondestructive, silicon stack 

Instruction type: Two address (operation address and next Instruction 
location) 


Memory capacity: At least 6000 words 
Word length: 23 bits 
Clock frequency: 0.64 mc/sec 
Site: 0.37 cu ft 

Input/output equipment possible: Variety of analog devices 

Multiplications: 2000 per sec 

Divisions: 500 (minimum) per sec 

Additions: 12,800 per sec 

Sine and cosine: 160 per sec 
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TABLE IV-2 (continued) 

Flip-flop count: 30 in general purpose unit 
30 in high speed Integrator 

Power requirements: 60 watts (10 watts when not computing) 

Operating temperature: -25* C to *103* C 

Weight: 191b 

The nature and quantity of registers follows: 

Temporary storage -5 ' 

Word address -1 

Instruction address -1 

Accumulator -1 256 words 

Pulse accumulator -1 

Integrand register -1 

Clock -1 J 


1. Computer Description 

a. Word length 

The computer word length Is 23 bits. Error analysis Indicates that 
a double precision product In multiply Is Indicated for space guidance 
requirements. 

b. Address structure 

The 6000 words of memory are selectable with the 23-Mt word 























higher order of the multiplier while performing either an addition or 
shift on the present multiplier position. 


Operations are performed by permanently wired programs stored 
In the silicon memory. These also Include sine-cosine, division and 
square root. The program is permanently stored and not destroyed 
by reading. The Internally wired logic and control program reliability 
govern the computer performance of each Instruction. 

d. Incremental, discrete and input/output functions 

A valuable Input involves what may be referred to as a high speed 
Integrator, sigmator. High speed summing, storing and processing 
of Incremental inputs arc possible from external sources. Beal time 
velocity pulse accumulation for computation, accurate time and/or 
velocity countdown, control of dlgltal-to-analo;; converters for infor¬ 
mation output, and transmission of data link information are typical 
applications of the high speed integrator. 

Operations performed In the input unit are of the incremental type. 
The design includes four basic units: integration, fast accumulator, 
velocity accumulator and countdown Integrator. 
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(2) Outputs 

Where an analog shaft position from digital conversion la involved, 
servo modules are employed. Typical outputs of this type include 
switching signals to the engines from the computer. The servo modules 
are sealed and Include a servo amplifier, a modulator, a motor gener¬ 
ator, a potentiometer, dlgital-to-analog converter code discs and gear 
trains for positioning of the potentiometer by the motor. 

Outputs from the computer are In the form of positive or negative 
error voltage representing the sign of the differences between present 
and desired value of the output. When there Is no difference, null Is 
reached and the output voltage Is sero. The error voltage Is modulated 
to a 400-cycle signal and fed to the servo amplifier motor combination 
which provides a shaft position output. The output Is thus a shaft posi¬ 
tion which can be coupled to a synchro transmitter or potentiometer. 

A digital feedback loop la provided via the computer. 

Torqulng signals are generated by these digital-to-analog converters. 
The analog voltage Is provided by the ellder of a 10,000-ohm center- 
tapped potentiometer In the converter. 

Discrete signals are generated by computed program. These sig¬ 
nals may Include: (1) main engine cutoff, (2) vernier (booster) cutoff 
and (3) reorient (sustalner) cutoff. When received by the outer control- 
loop programmer, these discrete signals control various powered flight 

1. Sine and cosine generation techniques 

Incremental slne-coslne generator can be Installed as shown In 
Fig. IV-23. 

(1) Features: 

(a) Iteration rate: 1800/aec 

(b) Retraceable sine and cosine generation no-flx points 

(c) Accuracy assuming maximum roll, pitch or yaw rates of 1 
radian per sec Is 6 x 10‘ 4 for the generation of 4 sines and 

(2) Algorithm: 
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S - Y 31 AX i- EK l AY H + C 2 -° 

where Yj might be sin 0 and Yj, cos 0 and Ax ( the Increment In 0, 

Cl and C2 are corrections which make the remainders exact during 
each Iteration so that the slne-coslne generation Is retraceablc. 

(3) The slne-coslne generator contains: 

(a) One 16-word memory loop 

(b) Two 8-word memory loops 

(c) Two full adders (1) and (2) 

(d) One subtractor (3) 

(e) Kleven flip-flops as shown In diagram 

(f) Three sense and 3 write windings (SI) (S2) (S3) and (Wl) 

(W2) (\V3). 

(4) The slne-coslne generation works as follows: 

(a) The sines and cosines are broken down into pairs; l.e. Y1 
and Y3 become sine and cosine for one argument; Y2 and 
Y4 for the next argument, etc. To each pair of Y's Is 
associated a pair of K-scallng constants Kl, K3, etc. 

These are stored on (1) 16-word recirculating memory loop 


(b) To each Y and K there Is associated (1) K which Is used to 
accumulate the partial sums Yj AX and -KAY2, etc. 

(c) The memory for the 8 A Y's Is In the first 8 bits of the Y 
Integrand word. The remainder of the word Is used for the 
Integrand. 


(d) The first 8 bits of the remainders It. are used to store the 
arguments AXj. 


(e) 


During words 1 through 8, the Y's are updated In the adder 
labeled (1) and remainders are updated In the adder (2). 
Adder (3) compares the glmbal angle with the argument to 
generate the Ax's. 


(f) During words 9 through 16, the adder (1), as shown, updates 
the argument; adder (2) corrects the remainders R according 

























IV-74 


(2) Accept control changes from the earth as a result of earth- 
derived decisions. 

The computer can Instrument a mission change If (1) at a given time 
no telemetry Is received and (2) a computer routine for this contin¬ 
gency exists. The typical Information rate in such a case is 200 hits/ 
sec for 2. S ms. 


. Random Access Nondestructive Memory 
In the Interest of providing: 

(1) An advanced technique permitting a more reliable, compact 
computer. 

(2) Nondestructive, random access memory. 


, Matrix construction 


As shown in Fig. IV-24 (Silicon Diode Sheet), the complete silicon 
diodes are deposited in 8-mll diameter areas and spaced # mll« apart. 
This permits about 84 diodes/linear in. or 3600/in. 

By using proven thln-fllm deposition techniques as developed in 
Ubrascope’a Applied Research semiconductor group over the past 
three years, the equivalent to Fig. IV-25 (Silicon Diode Matrix Schem¬ 
atic) can be fabricated employing a combination of proven techniques. 

Figure IV-25 also illustrates pictorially the assembly technique. 
Vertical gold busses, 0 to 3, cross horizontal gold busses, 0 to 2. 

As shown, the 0-0, 2-0, 1-1, 3-1, 0-2 and 2-2 junctions are silicon- 
diode connected. The remaining junctions are Insulated silicon 
monoxide. 

The matrix is built up of insulating, basic silicon. The basic pure 
silicon is processed to form a p-n junction. Typical junctions are 
formed by heating, bombardment and related semiconductor techniques. 
The required p-type, anode material is formed by adding impurities 
such as iridium, boron or other Group 111 elements. In like manner, 
n-type, cathode material is formed by adding impurities In the Group 
IV family such as arsenic or phosphor. 

Gold buses, p-type silicon, n-type silicon and silicon monoxide are 
sequentially integrated in a manner well known in thin-film and cry¬ 
ogenic development. The entire matrix is encapsulated in an inert 
epoxy-glass resin. 

The forwsrd-to-back resistance of these silicon diodes has been 

tested at 10® ohms. At 30 volts of reverse bias and 150* C, 30 pa of 
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that the rang* may be extended to +100* C. Full and half aalact currants 
ara varlad as a function of temperature to permit reliable operations. 
Such drive current variation is typically performed by use of Thyrite 
temperature sensitive elements controlling drive current. A prototype 
core memory system developed by the writer at Llbrascope is shown 
In Fig. IV-28. This employs current-steering magnetic switches for 
word selection. The photograph Indicates the approximate size of the 
erasable memory. 


E. BASIC ELECTRICAL POWER 

The one-year mission requirement for the various satellites, as 
part of the weapon system, automatically limits the choice of power 
supplies to that of solar or isotope types. The various types of solar 
power supplies, requiring solar concentrators, can be eliminated due 
to the close control requirement and the need to eliminate rotating ma¬ 
chinery from the satellite. Due to the disturbing torques and the re¬ 
duced reliability of such systems, the choice of power supply for the 
system rests with a radioisotope or a nonoriented solar cell system. 
The radioisotope system was calculated with battery storage for peak 
loads. 

The load analysis for the mission is as follows: 

C'.titimi-rtjK 

<»«»«>_ Intermitt ent 

KiM,4r 150 »/l,S min, 

every hour 

*>t«» tracker * |o mlr)> 
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Computer 
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2.1J */l.i min 
e »5 ml2 min 
e as w/t,J min 
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• 5 <*/1 min 

The orbit time will be 6 hr, of which n maximum of 44,75 min will 
be in darkness, and a minimum of zero tor continuous sunlight) depend¬ 
ing on the orbit chosen. 
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was k_pt below 25% on the system without the use of any additional volt¬ 
age regulators. 

TABLE 1V-4 

Weight Summary of Solar Cell System 

(lb) 

Solar cell generators 13.5 

16 amp/hr nickel-cadmium battery 29.6 

Electrical protection equipment 1.9 

Total 45.0 
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ATTITUDE CONTROL SYSTEM 

of various attitude control system configurations 
der to define a control system that achieves the 
racy and is economical In energy requirements 
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j along the local vertical. The radar muat be atablllzed to the local ver¬ 

tical to within ±0.5 degree In order to obtain the desired accuracy. This 
can be accomplished either by stabilizing the antenna while the satellite 
attitude varies or the antenna can be fixed to the satellite and the satel¬ 
lite stabilized to the local vertical. The latter approach has been 
studied. 

An IK horizon.scanner is used to determine the local vertical, and 
Is capable of indicating the'vertlcal to anaccuracy of ±0.1 degree. 















r-100 


Figure* IV-40, IV-41 and IV-44 are phaae plane plot* of the control 
ayatem performance and show a comparison of 3 different control aya- 
tems for initial condition* of 50 x 10' 4 rad/aec from a displacement of 
50 x 10” 4 rad ( 0,3 degree). 















Assuming 

T D * 0.02 sec 
y - 0.9 

a r = 49.8 x 10' 3 rad/sec 2 (7 lb bang-bang) 
or j * 7.1 x 10“ 3 rad/sec“ (1 lb bang-bang) 


Solving Eq (2) for these values gives 


m 7 lb 


2.58 


Since the maximum usable m is determined by the signal-to-noise ratio, 
a maximum of m 3 10 was used. For the 1-lb bang-bang system, the rate 
channel must have a sensitivity of less than 0.01 deg/sec. This sensitivity 
requirement is just within the range of present day rate gyros and is easily 
attainable with passive networks (Ref. IV-17). 


For the pulse modulated system (Fig. IV-44) no "thrust off" lines 
were shown, since the hysteresis of the bang-bang system was determined 
mostly by the hysteresis of the solenoid valve of the thrusting and in 
addition as + error approaches the value of the "thrust on" lines, 
the average thrust approaches zero. When applying this to Equation (1). 
we get 

e 3 e p (1 -r) + (sn T d - T d 2 /2) o 


1 - r 


0 


a 


0 


It is therefore assumed that the "thrust on" and "thrust off" lines are 
coincident for the pulse modulated system. 

a. High thru«*t bang-bang system 

Figure IV-40 shows the phase plane for a control system using a 
7-lb reaction jet system on a bang-bang type control. Analysis of the 
limit cycle (dotted lines) shows that average fuel consumption over the 
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satellite from point A into the limit cycle ie 11.7 x 10* 3 lb. At this 
thruet level, the period of the limit cycle U 24.8 tec and the maximum 
angular excuralon of the satellite is 0.218 deg. 

This is consistent with the accuracy of the 1R horizon scanner and 
the stabilization requirements for the altimeter. 

b. Low thrust bang-bang system 

Figure IV-41 shows a phase plane plot for a 1.0 lb thrust bang-bang 
type control system. Reducing the thrust level reduces the average f-.-el 
consumption over the limit cycle to 3.78 x 10' 6 lb/scc. However, the fuel 
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the bale platf. and, from there. Into the vel 
thla construction permits ready access to 
flight troubleshooting and maintenance by i 
mission. The volume of the unit la approxlr 
weight is 40 lb. 




































frequency, and x Is the input signal normalized, the value of input error 
which produces a unity pulse train average value--(full on jets). The 
average value (or duty cycle) of the pulse train is equal to the product 
T w f which is linear in x. 


T W f p a 4 <T w’ml„ 


Vmax<*> 


For errors near the deadspot value, the pulse width is very nearly 
equal to (T w ) min . 

3. Conclusion 


The study indicates that the requirements of a control system for 
use with the attitude-occultatlon guidance system can be met with exist¬ 
ing technology. A proportional pulse modulation attitude control system 
satisfies the accuracy requirements of the proposed guidance system. 
Under normal limit cycle operation, the vehicle on which the guidance 
system is placed may be kept within the required radar altimeter 
measurements (0.5 degree) and consequently within the 1 degree re¬ 
quired for orbital corrections. The pulse modulated attitude control 
system minimizes fuel requirements. The major development prob¬ 
lem in the control system is reliability; further design studies and a 
life test program are required to explore the potentialities of the dual 
propellant system herein described. 
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(3) 


e (A 0) * j »in A bj 
A 6 » flight path angle error. 

Comblnatloni of theie errora mav be expressed aa 

e(f- r . A#) yyCln^Ae ♦ coa 2 Afl j (5) 

• Cv{f('-*]*-■} 4e / 

/f-TeK' [ s - (•* v) ('**f 


In view of the fact that the radar will measure the altitude at injec¬ 
tion. the radial dlatance error at injection ahould not be greater than 
1 naut mi. The IK ayatem should provide the proper flight path 
angle to approximately 0.10 degree. Therefore, if the velocity error 
can be held to 5 fpa, the eccentricity ahould be 0.0019 according to 
Kqa (1) through (7) above. The aaaumed errora alao introduce a slight 
rotation of the line of apsides; the direction of rotation being dependent 







r A = apogecradlua 



' -V 77 *-f)FWF'•(■ ■ 'W' ; v)P'V 

(9) 


r p * perigee radius 

Substituting the above deviations In velocity, altitude and (light path 
angle Into Kqs. <8) and (9) gives a ratio -A. 1.003V 
where P 


r A « apogee radial distance. 

Tp * perigee radial distance. 

This corresponds to an apogee-perigee difference of approximately 40 
naut ml at the Injection altitude In question. 

The error coefficients for perturbattous In the eccectrlctty and 
perigee-apogee radii are summarized In Table V-l, 
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6e 

*6r^ 

TABI.K V-l 

Krror Coefficient* 

* 0.010/0.05". radial distance error at Injection. 

tv; 

* 0.020/ IT. velocity error. 

$ 

a 0,018/degree flight path angle error. 

«f c 

* IT. deviation In perigee radius/IT. deviation ill injection 


* 0 for OV _ 0, -47. deviation in perigee/-1% deviation 

In velocity". 


* 1.8T« deviation in perigee radius/ IT. deviation In 
flight path angle. 

Trf 

* 3T. deviation In apogee radius/IT. deviation in injection 


* 4% deviation In apogee radlus/l"« deviation in Injection 
velocity. 

Tft- 

* l.HTo deviation in apogee radius/lT. deviation in night 
path angle. 
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C. COMPOUNDED SYSTEM ERROR ANALYSIS 

The problem of processing data to obtain a prediction-is crucial to 
any position-predicting system. In this section we will consider: 

(1) Measurement of errors. 

(2) Handling of systematic Instrument errors. 

(3) Errors In time. 

(4) Sources of errors. 

(5) Program for evaluating system. 

1. Measurement of Errors 

Errors measurements have been considered as 
e- 8 Mj 

* m i * Z t -3CJ- AC i «> 


Measurements usually are given as range, an angle, a range rate, or 
angular rate, at some known certain time. A range measurement means 
that the object la some place on a sphere. Near the approximate posi¬ 
tion, the sphere can be considered by a plane. An error In range implies 
an error In the location of this plane. Let d* be a unit vector normal to 
the I th range plane. The direction cosines of d|are cos Oj cos flj and 
cos Yj, An error In range causes an error In the positioning of the 
range plane along the normal. The positioning of this range plane for a 
given range error la 

AYj » 4xj cos Oj + Ay t coa Cj ♦ Aij cos Yj (2) 

If the approximate orbit la known then the direction cosines are known. 
We assume that a slight error In the direction cosines caused by errors 
in the approximate position are negligible. Since 
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(3) 


C 

* 1 V rt i MC i 

J-l J 



r &M. 

AVj • 2, -5C^ <«*V *Cj (4) 

by combining Eq.(2) and (3). This is the form required (or use in the 
least squares method. 

An angle measurement also establishes a plane. A direction measure¬ 
ment is the Intersection of two normal planes, each plane containing 
the line of sight. An error in direction is the error of the intersection 
of two planes whose position errors are independent of each other. An 
error in direction is written in the required form as two Independent 
measurements of position planes which are normal to each other. 

Error in range doppler can be written, where Ajj 

Ar • AXj cos Oj + Ay cos flj ♦ A*j cos Vj (5) 

Using Eq (3) 
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. V ® M 1 

* r * Z 8T^* (C V * C J 

which can be used with our formalism. 

For angular rate measurement, similar reasoning leads to the re¬ 
quired form with the two independent measurement planes In velocity 

2. Handling cf Systematic Instrume nt Krrors 

Instrument errors are usually classified as random and systematic. 
We have shown how to handle random errors, and until now we neglected 
the possibility of systematic errors which car, be handled. To Illustrate, 
we take a radar set range measurement. A radar measures the time 

interval between the sending and receiving of a radar signal. There are 

two possible systematic errors besides the random or noise errors. 

The range or the time Interval is measured by starting and stopping of 
some timing device. The radar may consistently start or stop the 
timing device early or late. This means that the measured range, out¬ 
side random errors, is off by a constant. The second error would be 
In the timing device. It may run fast or slow which Introduces a linear 

error In the range measurement. A range measurement can then be 

considered as 


r measurcd * r o + Ar l + a + br o 

where drj, the random Gausstar. error, r 0 the actual range, a, a range 
error In stopping and starting ofclock and br 0 , the error caused by the 
tuning device being fast or slow, Equation ibj can be written as 


Ar l * Measurement * r o ' * " br o 
Equation (3) becomes 6 

V 91*1 

*1 * Z. (c 'l' ACj-a-bro ° 0> 

The developed formalism can be used. The systematic errors are 
just treated as two additional constants of integration. Any systematic 
error which can be linearized can be counted for by considering It as 
an additional Integration constant to be evaluated. 
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where AM' is new measurement error that includes random time error 
The square of the standard deviation of AM' is equal to the sum of the 
9M. 

squares of the standard deviation of AM^ and -jp- At. 
a. Nonindependent measurements 

We have assumed that each measurement is independent. For the 
system that we shall evaluate, theoccultatlon readings will not be 
completely Independent. The variation in the atmosphere is really 
not Gaussian. It could be hoped that some sort of prediction method 
could be Incorporated into the present position predicting syst^' to 
Improve it. This paper does not consider nonindependent measurc- 


b. Evaluation of a functioning system 

After a system is in operation, it should be evaluated. By using the 
"best" orbit, the Amj can be tabulated and the instrument standard 
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deviation can b? evaluated statistically. If more than one type of 
measuring Instrument is used, care must be taken in the evaluation of 
the individual instrument errors. 

In the evaluation of the actual standard deviation of the instrument 

errors, the distribution of the samples should be Gaussian. Measure¬ 

ments tiken in different directions and different parts of the orbit also 
should be subjected to analysis of variance to try to locate irregularities 

in the evaluation of the standard deviation. Any non-Gausslan effects 

could Indicate that the Instrument error is nou-C - -lesion or that there 

is a systematic error in the orbit, i.e., some s:,,.;iflcant physical 

effect is being neglected. Whether any non-Gauasian effect is the 
Instrument on an error in the equations of motion will have to be left 
to lb? discretion of the person analysing the statistics and available 
physical explanations. The existence of non-Gausslan effects should 
should be investigated with all the tools of statistics and physics. An 
attempt should be made to construct some explanation for the existence 
of non-Gausslan effects exists. 

c. Probability ellipsoid 

We want to know the size of the ellipsoid for different p (percentage) 
levels. First, find the eigenvectors and eigenvalues of the 3-dlmen- 
slonal positional probability ellipsoid. Reorient the axis and the distri¬ 
bution is in terms of and 5, > and 1 and the inverse square root of the 



A linear change in variables, x * -jL, y *_yl_ and x • ^2-make 


the distribution spherical. Now change to spherical coordinates and the 
probability of the actual object being within a certain sphere R (i.e., a 
certain ellipsoid) is 
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For twc dimensions, the equation is 

. p R . r 2 _r£ 

p 2 <R> * -jf J i» r e Tdr « 1 - e ' 2 


and f or one dimension 

R r 2 

p i <R > • A i*' Tdr 

-R 

These are tabulated in the following order. 



0.9 0.0113 0.1173 0.3829 

1.0 0, li'87 0.3935 0,6827 

1.5 0.4779 0.6733 0.8664 

2.0 0.7386 0.8647 0.9545 

2.5 0.9000 0.3361 0.9876 

3.0 0.9707 0.9880 0.9973 

3.3 0.9934 0.9978 0.9999 

4.0 0.9989 0.9997 1.0000 

4.5 0.9998 1.0000 1.0000 

5.0 1.0000 1.0000 1.0000 

4. Sources of Error 

There are two major sources of error in the measurement of the 
time of egress or ingress cf star by an occupation instrument. One 
source is the occupation Instrument's inability to determine the exact 
time of occupation. The oth* r is in our knowledge of the exact density 
profile of the refracting atmosphere at any specific time. The linear 
sum of both errors will be considered as variations in our knowledge 
of the radius of the earth. Roth the occupation Instrument time error 
and earth radius atmospheric errors for this analysis are assumed to 
be Gaussian, Independent and with fixed standard deviations, so that 
their linear combination has a normal distribution. 

a. Kffcct of errors 

When an egress or ingress ui a star occurs, the satellite is somewhere 
on the occupation cylinder (see Fig. V-3). 
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b. Coordinate system 

The Intersection of the satellite orbit and the occultatlon plane will 
be the origin of right-handed Cartesian coordinates Ux, Ay, At). The 
At axis Is established by drawing a line through the origin and the center 
of the earth with the positive direction being away from the earth. The 
Ax axis la In the satellite orbital plane with positive direction In the 
direction of the velocity vector of the satellite. 

The distance between th^ occultatlon plane and the I th sample plane 
Is Adj » A'dj • l 1 , , where AdJ Is unit vector normal to occultatlon plane 
and Pj Is any position (Ax Jf Ayj, Az ; ) on the sample plane. The direc¬ 
tion cosines of A* dj arc cot, i/j, coo Oj and cos Yg. 

Ad * A«, cos * Aj j coa Oj + Az J cos y, (15) 

c. Calculation of occultatlon plane 

Because our primary Interest Is In errors in circular orbits, the 
orbit will be assumed circular about a spherical earth (Fig. V-4). The 
position of the star of the 1 th occultatlon will be given by Its right 
ascension (»j>. and Its declination (q), where the right ascension is 
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The direction cosines of the line Joining the satellite and the star are: 



cos B s • cosDjalnAj (18) 



The atlmuth of d"S* Is obviously equal to Aj and lta declination Is equal 
to D + j . The direction cosines of the normal are: 



a. Program 

To Obtain Eq (4) we use di • d„ r cos ♦ + dj r »ln *; (q » 0 1 ■ 0) 
dv dV dV 

dr ■ 2dr 0 + 2r - cos M (dr 0 + 2-yB-) + oln M (r -jt-) 

dr dV„ fdr dV "1 

d* ■- 3M <-— + -^2.) edw + 2 sin M I -f- + 2r 


matrlces I 


2 [l - cos m] —and Eq (19) to construct 
cos flj, cos v,). (20) 
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The product of theses two is defined as m ( w hlch Is equivalent to 
Eq (5). Each m^ Is then divided by Its specific Oj. The n readings and 
resulting —f are combined to form matrix 



which Is multiplied b> Its transposed. 

Ni f I ■ M 

«',] - i, (a ^)(a ■ »„ • 

The fit st place of data to be obtained from the[h'j is the quality of 
the evaluations of An. This Is obtained by matrix multiplication. 

/() 

(000022) IM* 1 j ]| •**(, . (23) 

' 2, 

W 

If a different set of parameters wer used, the o^ a could have been 
taken directly ftotn the J^) matrix. 

Kor prediction, the matrix of the required linear transformation Is 


hi! 111.47 



M co,rM 0 



-2 +2 cos M -3M +2 sin M -3M+4sinM\ 


0 sin M t 


2 - cos M 2 - 


, S M J 


The characteristic function of the 3-dlmcnslonal probability elllp- 
sultl is obtained by matrix multiplication. 


,. r , 7’AxfP <r, M' , (P <r, *Ax 

’"Ax’ e 


(25) 


The eigenvectors of this matrix are the eigenvectors of the positional 
pi-obablUty ellipsoid and the square root of the eigenvalues are equal to 
the standard deviation along that axis In the positional probability ellip¬ 
soid. 


To find the Ir.plane probability ellipsoid, Kq (24) is redefined 


IP W 


-2 *2 cos 1^ -JM t *2 sin M t -3M t *4 sin M t 

000 (26) 
sin 2 - cos M t 2-2 cos M t 


and Kq (25) becomes 


ft- 

1 0 0 



2 ' 
V 


which yields 2-dlmenslonal Inplane elltpsold. 
b. Kvaluatlun of the system 

A computer study was conducted to determine the quality of predic¬ 
tion that can be obtained by a satellite borne occultatlon-lnstrument 
radar-altimeter system. The study was not exhaustive but the general 
accuracy of the system was determined. We shall present some sample 
results to Illustrate our general conclusions. 
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the ~£ v-ax'la of the probability elllpaold de- 
£ x* and £ z-axea lncreaaed atowly. 


I repreaenta the length of the iiy- 
predlctlon. The z-axfa waa not 



















The improvement is atronglv affected bv the o of the individual radar 
readtnga (Kiga. V-12 and V-13). 

The radar readlnga primarily create the marginal A z diatribu- 
tion of the prohabllit\ cllipaold. If the £ x-axla of the probability 
ellipaoid makex a relatively large angle with the A z coordinate axia. 
the radar readinga help a great deal. When the marginal A z distribu 
tion la amaller than the o of a radar reading, the radar reading doea 
verv little in Improving the A x-axla of the probability ellipaoid (i. c., 
the important error). 


in general. helpa 


accurate prediction 
























Fig. V-9. Effect of Occulting Star** Declination. 























































The failure rates in ‘ /oovc trbic are taken >.• > .*cf. VI-2. The 
correction for o*.*Mis* o^&viro: *.'*• . . ,\>m proprietary daia 

of Martin’s B* UI.v • <■’ v,-. . .. 

couii coos* ation o r the wa 1 magnetron "radiating" time is in 
order. Thn 4 .7 k h*» time d.r*r,; vnich pulses *re actually belrg trans¬ 
mitted fth :■ - * :>r* of the magneton is 250 nr, there is 

evide- ; j '.ai:y ?r.*g.M.*'.ror.a ».*1U fail soc/ie.\ If it is desired to 
restrict''ota l radis.ing tin*.*'- to j00 hr during a year, or 41 sec/hr, 
a $-h- . nr uou*'.’ not ir.vo-vc : ny more than 246 sec of altimeter 
.nu-, sir alti' \r* r.«aauretaents per orbit should be 
,;ed to below 41 sec each to be conservative of magnetron 
life That allowance seems very generous, as just a few seconds, 

. nly less than 10 at a rate of 15 pps, are needed for altitude 
measui einent. 


B. IR SYSTEM 

The horizon scanner used to establish the vertical is a group of 
horizon *en»c* a and associated electrical circuitry. Barnes Englneer- 

company has a contract with ARPA which may result in the develop¬ 
ment of a long life, high reliability device. In this development 
program, Barnes has tested a breadboard vibrating-mirror type of 
sensor for over 2000 hr without failure. It is expected to have an 
operating life of over 1 yr. Older Barnes models (13-130) operated 
successfully in the first manned Mercury flight. 

The recommended configuration Is four sensors mounted along 
the edges of a four-sided pyramid, tie diagonally opposite sensors 
being paired to provide detection of two vertical planes whose inter¬ 
section is the vertical. 

Based on data supplied for a similar three-sensor configuration, 
the reliability of the four-sensor syidem is quite low, 0.045 1-yr 
operation. Since the four-sensor system could be operated with 
one sensor out of commission, with certain fail-safe provisions, 
it is of interest to consider the probability of "any three of the four" 
working. That probability, computed by the binomial probability 
law, is 0.250, still quite low but a substantial enough improvement 
to motivate further study of the fail-safe feature. 

Fail-safe devices would include: 

(1) Sensing the malfunction of one of the sensors. 

(2) Switching the outputs of the three good sensors from 
satellite attitude control amplifiers to an intermediate 
computer. 
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(3) . Providing either a simple analog computer or a program 
for the satellite navigation computer, which could deter¬ 
mine the vertical from three sensnrr 

Given in Table VI-2 are the components of a single sensor and ex¬ 
pected failure rates. 


TABLE VI- 2 

Keliability of a Single Horizon Sensor 


Part Type 
Resistor. 10% 

Resistor, 1% 

Capacitor teramic 
Capacitor, electrolytic 
Capacitor, tantalum 
Capacitor, mylar 
Diode, silicon 
Diode, zeuer 
Transistor, germanium 
Transistor, silicon 
Potentiometer 
Multivibrator 
Transformer 
Trimpot 
Motor 


Quantity 

94 

5 
4 

9 

28 

6 
40 

1 

3 

39 

2 

1 

2 

1 

1 


Total Failures/10 6 hr 
4.0 
0.3 
0.2 
0.3 
2.8 


q.2 

2.7 

19.5 

2.4 


0.1 

0.3 
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TABLE VI-2 (continued) 


Ire.. 

Quantity 

Total Failures/10® hr 

Therm!star bolometer 

1 

0.6 

Vibrating-mirror assembly 

1 

0.1 

Total 


43.4 x 10‘ 6 

L.t-.^ronn*!- w' 


2 

time 


8760 hr 

Expected number of failures 


0.76 


Reliability of a single sensor for one year ia R g « e“ ®* 76 ■ 0.468 

Given in Table VI-3 are the components of the Barnes Model 13-160 
summer circuit, which combines the data from the individual sensors. 


TABLE VI-3 

Reliability of Barnes Summer Circuit 


Part Type 

Quantity 

Total Failure/10 6 hr 

Resistor, 1% 

3 

0.2 

Capacitor, ceramic 

1 

0.1 

Capacitor, tantalum 

3 

0.3 

Transistor, silicon 

3 

1.5 

Diode, sener 

1 

0.2 

Trim pot 

2 

0.2 

Relay 

3 

0.8 

Total failure rate 


3.3 x 10" 6 

Environmental factor 


2 

Operating time 


8760 hr 
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TABLE ViH 


Reliability of Oecultos rope-Star Tracker 


Failure Rate/ Expected No. of 
Components Quantity It) 6 hr Failures/10 6 hr 

(Control) 

Servo motor 3 0.23 0.69 

Synch i o 3 0.35 1.05 

--gear assembly 3 0.9 2.7 

Slip ring assembly 1 0.2 0.7. 

Glmbal assembly l 7.5 7.5 

Transistor, silicon 15 0.5 7.5 

Power supply 1 6.5 6,5 

(Single telescope) 

Lens l 6.9 6.9 

Vibrating slit assembly 1 0.6 0.6 

Photomultiplier tube l 20.0 20.0 

Resistor 5 0.03 0.15 

Capacitor 2 0.1 0.2 

Photocell 1 4.7 4.7 

Transistor, silicon 2 0.5 1.0 

Relay DPDT 1 t.O/artuation 10.0 

(Assume 10 actuations because this relay operates sun- 
protection cover, which should never be needed) 

Total failure rate, controls 26.14 x 10" 6 /hr 

Total failure rate, one telescope 43,55 x 10' 6 /hr 

























TABLE VI-5 

Thermoelectric Generator Reliability Estimate 


Seebeck voltage 

(1) Thermoelectric units 
0< gradation of clement 
Element selection and In-SaUatlon 


Expected Number of 
Failures/1 yr 



t2' Temperature gradient 

Structure and loss of gas 0.000009 

Thermal control 0.000196 

Insulation 0.001000 

Internal resistance 

(1) Mechanical failures 0.009240 

(2) Degradation of contact and 

element resistivity 0,000000 

Total expected number of failures 0.010445 


Reliability for one year e* 0 - 010445 . 0.99 


The extreme reliability of the thermoelectric units is borne out by 
tests of duration up to 315 days, with no significant change in the Seebeck 
voltage-temperature coefficient. 

The structural reliability is based on a material strengtn safety 
factor of 1.5 and a material strength control to within 7 of nominal 
(lo). The probability of an overstress on this basis is 0.000009. 

The thermal control reliability is based on two independent systems 
in active redundancy, bach system consists of linkages, hinges, sup¬ 

port and spring, bellows. It ies and a temperature sensing bulb, with a 
total failure rate of 1.6/mi.lion hr in the space environment. Excluding 
prelaunch difficulties, the expected number of failures for t hr is 
1.6 x 10' 6 , and the probab.llty of survival is 

„ _ .. -1.6 x 10" 6 t -3.2 x 10' 6 t 












V 


For 1 yr, K t * 0.999804, with an equivalent expected number of 
failures of 0.000196. 

Insulation deteriorates slightly with age, and there is a "mall 
probability of sufficient degradation to cause generator output to drop 
below minimum power required. The calculations below were worked 
out based on an older power generator and would be more favorable 
with newer designs. It is estimated that the thermal conductivity of 
the insulation increases by about 1.7%/mo with a standard deviation 
of 0.05%/mo. Nominal heat loss through insulation is 15.5%, and if 
this exceeds 18.3%, power output will be hrlow rated (minimum). 

Thus the safety margin is 18.3% - 15.5% * 2.8%, and the 15.5% will 
increase by 0.017 (15.5) ■ 0.263%/mo. The standard deviation of the 
degradation of power loss is 0.49%; thus, the safety margin would 
2 8% 

start out at « * 5 - 7 standard deviations, ar.d this normalized 

a 283 % 

safety margin would decrease by "fy arf * 0.537 standard deviations 

per month. The probabilities of successful performance, by month, 
are shown in Table VI-6. 


Month 

TABLE VI-8 

Insulation Reliability 

Normalized Safety Margin 

Reliability 

0 

5.70 

0.9099+ 

1 

5.16 

0.9999+ 

2 

4.63 

0.9999+ 

3 

4.09 

0.9999+ 

4 

3.55 

0.9998 

5 

3.02 

0.9987 

6 

2.48 

0.9934 

7 

1.94 

0.9738 

8 

1.40 

0.9192 

8 

0.87 

0 8079 
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paths so that circuit continuity would be highly redundant. 
mately 25C0 /'""." could fail without causing reduction in power c 
put sufficient to'degrade satellite equipment performance. It ia 
believed that cell failures could occur only by damage from meti 
with an extremely low probability. 

There would be three diodes for current control and a storag 
lery. The only other possible source of failure would te some o 
IbOO cell-to-all solder connections. The total failure rate of the 














E. CONTROL AND STABILIZATION SYSTEM 


This consists of a set of thrust engines and an electromechanical 
ograrnmer. 

The thrust engines include the propellant plumbing and thrust cham- 
Derr., i ^liability of which are taken from Ref. VI-3. There is considerable 
uncertainty as to the reliability of a thrust chamber, as it has not been 
possible to obtain a relationship between life, thrust energy, tempera¬ 
ture of the propellant and chemical types of degradation of the nozrles. 
However. It is believed that a low temperature, low pressure mono- 
propellant will allow practically infinite nozzle and chamber life, so 
that the failure rate has been taken as zero. Since the thrust cham¬ 
bers are the only redundant features, the remaining devices are all 
in series, as shown in Table VI-7. It will be noted that only attitude 














regulator 


Control solenoid 


Thrust chamber 
assembly 

Total expected 

Reliability foi 


Reliability ful 
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expected number of failures is 22,000 x 10' 6 . Thia item dominates. 
Reliability for 1 yr, e' 0,022 » 0.978 

Reliability function for t hr, e' 3 x 10 1 

In conclusion, the reliability of the stabilization and control system 

is e' 279 x 10 \ which for l yr i« 0;-370. The propulsion system 

appears to be the outstanding weakness ir a 1-yr mission. It is 
possible to obtain a more pleasing i eliabiiity prediction by hjpcihcsiring 
more optimistic failure rates, but since other subsystems appear not 
much better, it is believed Hist such efforts are beyond the scope of this 
study. 


F. COMPUTER 

The recommended computer has a number of reliability features, 
among which are: 

(1) Several types of redundancy in checking of arithmetic and 
ability to repeat computations in the event of discrepancy. 
This is valuable, because of the few errors made by com¬ 
puters, a large part are transitory and will not be repeated. 
This is especially true in space, where radiation causes 


(2) Evaporated-film silicon connections for the memory, which 
eliminates the connections found In core-type memories, 

(3) Special advances in connector reliability by use of plated 
conductors and welded joints instead of soldered joints, 

(4) In the last analysis, the presence of humans who can repair 
computers is a valuable feature that should be considered 

It must be recognized that no satellite has to this date been equipped 
with a digital computer. Therefore, all estimates are based on theoretical 
data. These are credible because the various component parts have 
mostly seen space duty successfully and because the Minuteman reliability 
program gives evidence of exceeding recently experienced reliabilities 
by orders of magnitude. A summary of the analysis (Ref. Vl-5) is con¬ 
tained in Table Vl-8. 



VI- 


Component Quantity 

Resistor U41 

Diode, silicon 2.103 

Silicon memory IG 

Capacitor 252 

Transistor 35.*, 

Transformer UG 

Welded joints 9116 

Care memory 1 

Total failure rate 
Environmental factor 
Failure rate in orbit 
For 1 yr, reliability is 0.687, 


TABLE Vl-8 

Estimated Computer Reliability 


Failure Rate/ 
10 6 hr 


0.004 

0.002 

0.26 


21.6 x 10'®/hr 
2 

43.2 x 10' 6 /h r 


It should be note'* that most of the failure rates in Table VI-8 are 
f Minuteman 1-rogram, as suggested by 


.............. , ne aunutentan program, as suggeste 

a leading computer manufacturer. For other subsystems, failure 
J' rc u “, E “ «» recommended by authoritative sources, or according 
Ref. VI-2, where not otherwise supplied. 

The time standard is included with the computer and Table VI-9 
shows its estimated components and reliability. 
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TABLE Vl-9 

Reliability of Time Standard 


Component Quantity 

Quart?, crystal 1 

Crystal oven 1 

Transistors 20 

Resistors 50 

Capacitors 20 

Connectors 2,10 pin 

Total failure rate 
Environmental factor 
Failure rate in orbit 
Reliability for I yr 


Total Failure Rate/ 
10~ 6 hr 
0.30 
0.05 
10.0U 
1.50 


4.00 

17.85 X 10' 6 
2 

36 X 10' 6 
0.732 


G. PREDICTED SYSTEM RELIABILITY 

The satellite has only a slight chance of operating for 1 yr suc¬ 
cessfully. The outstanding difficulties are the horizon scanner, the 
occultoscope-star tracker and the control-stabilization subsystems. 

The reason appears to he that these subsystems are required to operate 
continuously. 

For a satellite to perform the required functions for 8760 hr with a 
90% probability, the total failure rate allowable for continuous operation 
is about 11 x 10' G failures flu*. This is the equivalent of one neon glow 

tube or about 22 silicon transistors operated carefully in the laboratory. 

A much shorter mission time, or highly intermittent operation as 
allowed by lower accuracy requirements, would provide a more favorable 
possibility. 
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Subsystem Reliability Functions 


Infrared system 
Occultuscope-star tracker 

Power system 
Control-stabilization and 


Computer-time standard 
Total system 


The total system reliability for 1 yr is 9,0054, 


In order to explore legibilities of shorter missions, the reliability 
functions were evaluated for various shorter times at 1-mo inter¬ 
vals. These results are pteseuted In Table VI-11 and ure shown graphi¬ 
cally in Figs. VI-1 and VI-2. 
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TABLE VI-11 

Estimated System Reliabilities 


Occulto- 


Radar Infrared Tracker Power 


Control 

Stabili¬ 

zation 


Pro- Computer- 
tram- Time 
mer Standard 


Total 

System 


1 0.991 0.981 

2 0.982 0.926 

3 0.974 0.8S2 

4 0.965 0,767 

5 0,956 0.684 

6 0.947 0.604 

7 0.939 0.528 

8 0.930 0,459 

9 0,921 0.398 

10 0,912 0.342 

11 0.904 0.293 

12 0.895 0.250 


0.959 0.999 0.816 

0.926 0.998 0.665 

0,887 0.997 0.543 

0.854 0.996 0.443 

0.816 0.995 0.361 

0.780 0,994 0.295 

0.746 0.994 0.240 

0.718 0.993 0.196 

0.666 0.992 0.160 

0.634 0.991 u.130 

0.597 0.990 0.106 

0.563 0.989 0,087 


0.944 0.717 

0.891 0.498 

0.841 0.335 

0.794 0.221 

0.749 0.144 

0,707 0.0925 

0.668 0.0591 

0.630 0,0376 

0.595 0.0231 

0.562 0.0143 

0.530 0.0088 

0.501 0.0054 


Figure VI-2 indicates the level of ayatem reliability Improvement 
which may be realized fur the type of mission discussed in Section VIII, 
This figure is baaed on greatly reduced use of the attitude control system 
and the Infrared system, with no reduction in use of the other subsystems. 

Since the station keeping system is to be used rather infrequently, 
the reliability of this system, therefore, is not expected to present a 
problem. 
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V II. SATELLITE SYNCHR O NIZATION STUD V 
DEVELOPMENT PLAN 


In order to determine how the altitudc-occultation guidance system 
compares to the present state of the art of building and successfully 
operating such equipment, the steps needed to build a prototype system 
have been studied. The results of this study will be presented in this 
section of the report as a development time table (Fig. VII-1). Very 
little technical data is given in this section, since each of the sub¬ 
systems is described in detail in other sections of the report. 

The purpose of the study has been to determine the earliest date 
at which two flyable prototype systems (one as the primary flight 
article and the second as backup in case the first launch fails) can be 
completed. For planning purposes only, we have assumed that follow- 
on production consists of 16 operational systems. In order to provide 
for incorporating changes deemed advisable on the basis of the 
experimental launch a 6-month lapse between development and 
operational firings is assumed. 

One further guideline has been that state-of-the-art hardware will 
be used wherever possible; research and development into new concepts 
are kept to a minimum. A go-ahead date of 1 January 1962 has been 
assumed. The significance of this assumption is that it provides a 
reference (with respect to other development programs) in order to 
evaluate the extent to which related programs can be used (directly 
or with modification) in this system. 

The development plan, summarized in Fig. VII-1, shows that 30 
months are required to have a flyable prototype ready for the experi¬ 
mental launch. Before the experimental launch is attempted,this 
time span will include a 3-month period of ground testing (during which 
the various subsystems will be integrated in a series of"marriage M 
tests) to substantiate the performance of the entire system. 

The development plan for components of the guidance system is 
discussed as follows. 


A. RADAR ALTIMETER 

A detailed technical description of the altimeter is given elsewhere 
in this report, suffice it to say here that the techniques to be used in 
this instrument are well established, although the specific instrumer.* 



circuitry, and modulator must be designed (Kig. VIM) to that basic 
engtnerring of the altimeter can be completed in 8 months. As pointed 
out previously, the mission time of 1 year makes nigh reliability one of 
the pivotal issues in determining the system design. Therefore, in 
engineering the altimeter, an extensive life testing program utilizing 
altimeter breadboard elements, built as closely as possible to th» final 
design of the altimeter, is planned (this program spans 6 months). 
Construction of the flyable prototype will begin in the latter portion 
of the life testing program but obviously cannot be finished until after 
the llfetest program is completed. Thus we estimate that a flyable 
prototype can be available at the end of 18 months. 

li, COMPUTER 

Digital computers of the type needed in this guidance system are 
currently being engineered on several programs. Of course, the 
logical design of these computers must be rearranged to fit this 
particular problem, but this presents no great difficulty. In the 









































the performance r 
Incorporate posat 
unforeseen proble 
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designed for two a 
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rt, the only available restartable engine Is 
■ starts. Therefore, this development plan 
18 months to fully develop and build the proto- 
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